COMPRESSIBLE FLOW OVER AN AIRFOIL

INCOMPRESSIBLE FLOW: P = P,, = COnst

: LIFT GENERATION, DRAG GENERATION, PRESSURE DISTRIBUTION ...
Cr(a), Cp(Cz), Cmy(Cy), aerodynamic center ....

COMPRESSIBLE FLOW: P =Vvar
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SUBSONIC FLOW OVER AN AIRFOIL. SMALL DISTURBANCE THEORY
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PROCEDURE:

Solve continuity eq. + boundary + additional conditions 2 flow field
Find pressure field using Bernouli eq. (momentum eq.!)
Find aerodynamic forces and moments (pressure forces)
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BERNOULI EQUATION — SMALL DISTURBANCES
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SUPERCRITICAL FLOW OVER AN AIRFOIL
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b) fala uderzeniowa

Rys. 10.48. Hipersoniczny oplyw cienkiej bryiy
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18.12 Reynolds Analogy: Heat Transfer and Temperature Recovery Factor 479
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Fig. 18.24. Ratio of compressible to incompressible friction coefficient for tur-
bulent boundary layer on a flat plate as a function of free-stream Mach number.
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Puc. 12.12.  YcraHoBuBIIafcs TeMmmepaTypa Ha MOBEPXHOCTH CaMOJCTa B I
nycax Llesbcus MpH JIHTEJbHOM MOJETE (V = 2400 m/c; H = 34 Km)



